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Reynolds number (Re) effects on oscillating airfoil compressible dynamic stall flow have been investigated. The Re 
was doubled at constant Mach number by using two NACA 0012 airfoils, one with 3-inch chord and another with 
6-inch chord. Pressure distributions documented using point diffraction interferometry (PDI) are compared with each 
other for Mach numbers of 0.3 and 0.45 at different reduced frequencies. Comparisons with a reference data set at 
Re = 4 x 10 exp 6 for a Mach number of 0.3 at reduced frequencies of 0.05 and 0.1 showed good agreement for the 
tripped 6-inch airfoil, thus establishing a minimum model Re for simulating full-scale results. Re influence manifests as 
an increase in the airfoil peak suction pressure coefficient, smaller laminar separation bubble, increase in dynamic 
stall onset angle, and an increased ability to withstand adverse pressure gradient in the flow. At lower Re, dynamic 
stall arises from the bursting of the laminar separation bubble at both M = 0.3 and 0.45. At higher effective Re, 
dynamic stall is induced by a large adverse pressure gradient in the flow for M = 0.3 and shock induced dynamic stall 
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Abstract
Reynolds number effects on oscillating airfoil
compressible dynamic stall flow have been investi-
gated. The Reynolds number was doubled at con-
stant Mach number by using two (untripped and
tripped) NACA 0012 airfoils, one with 3-inch chord
and another with 6-inch chord. Pressure distribu-
tions documented using point diffraction interferom-
etry(PDI) are compared with each other for Mach
numbers of 0.3 and 0.45 at different reduced fre-
quencies. Comparisons with a reference data set at
Re = 4 x 106 for a Mach number of 0.3 at reduced
frequencies of 0.05 and 0.1 showed good agreement
for the tripped 6-inch airfoil, thus establishing a mini-
mum model Reynolds number for simulating full-scale
results. Reynolds number influence manifests as an
increase in the airfoil peak suction pressure coeffi-
cient, smaller laminar separation bubble, increase in
dynamic stall onset angle, and an increased ability to
withstand adverse pressure gradient in the flow. At
lower Reynolds numbers, dynamic stall arises from
the bursting of the laminar separation bubble at both
M = 0.3 and 0.45. At higher effective Reynolds num-
bers, dynamic stall is induced by large adverse pres-
sure gradient in the flow for M = 0.3 and shock in-
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c airfoil chord
f frequency of oscillation
k reduced frequency = ^
M freestream Mach number
Uoo freestream velocity
Re Reynolds number based on chord
x,y chordwise and vertical distance
a angle of attack
QO mean angle of attack
am amplitude of oscillation
w circular frequency
I. Introduction
The problem of compressibility effects on dy-
namic stall in the Reynolds number range 0.36x 106 <
Re < 0.81 x 106 has been studied1'2 to determine
the basic physical processes leading to onset of flow
separation in unsteady flows. These studies at low
Reynolds numbers showed1 dynamic stall to originate
from the bursting of a laminar separation bubble that
formed over the airfoil when the adverse pressure gra-
dient following the suction peak exceeded a certain
value2. Also, as the free stream Mach number was
increased, this limiting adverse pressure gradient de-
creased, indicating that compressibility reduced2 the
ability of the airfoil boundary layer to withstand steep
adverse pressure gradients. Quantification of similar
compressibility effects on dynamic stall at Reynolds
numbers seen on a helicopter blade in flight is of im-
portance to the rotor blade designer. However, since
this data is difficult and expensive to obtain, model
rotor tests have often been used to generate a data
base for use in full scale rotor design. Fig. 1 (drawn
based on discussions in Ref. 3) illustrates the conflicts
that arise while using this approach of extrapolation
of laboratory wind tunnel testing to full scale flight
conditions. For example, model rotor tests are con-
ducted at j — 5 scale; the Reynolds number of such
tests is very similar to that of the two-dimensional
airfoil tests of the present study. However, as the
chart illustrates, there is considerable mismatch be-





















































model rotor tests, even though they are obtained at
the same Reynolds number. Fig. 1 shows also that
there is a lack of agreement between the model-rotor
and full-scale-rotors tests. Interestingly, there seems
to be a better agreement between model rotor data at
low Reynolds number and oscillating airfoil data ob-
tained at a much higher Reynolds number. Whereas
it is possible that this difference can be attributed
to the effects of rotor blade wake turbulence on the
model rotor flow development, the fundamental fluid
flow physics aspects of the higher Reynolds number
dynamic stall flow still remain to be understood.
Experiments by Conger and Ramaprian4 in a wa-
ter tunnel at Re — 5 x 104 produced results that
agreed very well with tests by Lorber and Carta5 at
Re = (2 - 4) x 106. A documentation of the tunnel
conditions showed that the free stream turbulence in-
tensity was very high. This in effect resulted in the
flow being very similar to that at high Reynolds num-
bers, resulting in the above mentioned agreement.
This points to the importance of simulating "effec-
tive" Reynolds number rather than geometric scale
alone in laboratory testing. Mabey6 points out that in
addition to tunnel blockage, differences between flight
data and full scale wind tunnel data could appear be-
cause of differences in the transition process between
the two cases. Transition onset location on the airfoil
surface is influenced by the tunnel free stream turbu-
lence level. This in turn affects the development of the
turbulent boundary layer over the airfoil, leading to
changes in the evolution of the airfoil wake, causing a
different overall viscous/inviscid interaction, leading
to large disagreements between the cases compared.
Achieving quantitative Reynolds number similar-
ity by increasing the Reynolds number on a spe-
cific airfoil/model in a wind tunnel vented to atmo-
sphere can only be done by increasing the tunnel ve-
locity. However, this approach becomes self-limiting
because of the onset of compressibility effects that
occur at even moderate Mach numbers (e.g. M =
0.3). Attempts7 to simulate higher Reynolds number
by tripping the airfoil boundary layer showed that
dynamic stall was delayed to higher angles of attack
when the right trip was added. The right trip was
defined7 as one which enables the airfoil to produce
higher peak suction pressures while also delaying stall
to higher angles of attack and suppressing the forma-
tion of the laminar separation bubble, for all Mach
numbers of interest. In effect, the flow over the air-
foil with this trip occurs at an equivalent Reynolds
number higher than that when it is untripped. These
tests indicated that the dynamic stall process is ex-
tremely sensitive to the trip used. Also, other issues
concerning the state of the boundary layer and the
identification of the proper trip for this flow arose.
For example, even for the most satisfactory trip, the
airfoil pressure distributions were still different from
that of the higher Reynolds number (4 x 106) data
of McAlister et al8. Further, it was important to de-
termine if there is a minimum Reynolds number at
which model tests should be conducted to maximize
the relevance of the model data to full scale applica-
tions.
The present controlled study of compressible dy-
namic stall over a larger, 6in. chord NACA 0012 air-
foil (Re = 1.1 x 106 for M = 0.3) was undertaken
with the hope of providing some answers to the ques-
tions on the effects of Reynolds number under com-
pressible flow conditions. As the results of these tests
were compared with those of Ref. 8, it became clear
that a gap remained between the two tests. Hence,
attempts were made to bridge the gap by tripping
the airfoil. After establishing a successful method of
achieving the necessary agreement at M = 0.3 be-
tween the model scale and full scale Reynolds number
experiments, more experiments were conducted at M
= 0.45 to provide a new data base for two dimensional
compressible dynamic stall flow. It is hoped that this
will serve as a useful data set for validating computa-
tional models and for use in engineering applications.
II. Experimental Facility and Technique
The experiments were carried out in the Com-
pressible Dynamic Stall Facility (CDSF) located in
the Fluid Mechanics Laboratory of NASA Ames Re-
search Center. The CDSF is an indraft wind tunnel
with a 25 cm. x 35 cm. test section and is equipped
with an airfoil oscillating drive mechanism to produce
a sinusoidal variation of angle of attack. Mean angles
of attack of up to 15 deg, maximum amplitude and
oscillation frequency of 10 deg and 100 Hz. respec-
tively, are possible for a 3in. chord airfoil. The tun-
nel flow (maximum free stream Mach number of 0.5)
is controlled by a variable area downstream choked
throat. Additional details can be found in Ref. 9.
The smaller 3-inch airfoil is supported in the CDSF
between two optical glass windows by pins providing
complete optical access to the airfoil leading edge re-
gion where dynamic stall is initiated. In the lower
Reynolds number experiments, a 3 in. chord NACA
0012 airfoil is supported between two 15 cm. diameter
glass windows by small pins permitting full flow field
visibility. In the higher Reynolds number tests, a 6
in. chord NACA 0012 airfoil was supported between
metal ports with L-shaped optical glass inserts per-
mitting visibility over the first 30% of airfoil chord.
The larger airfoil is also instrumented with pressure
taps in the nose region.
The 3-inch airfoil was tripped with a distributed
roughness as described in Ref. 6. For the 6-inch
airfoil, several trips were used. These included dis-
tributed roughness of differing heights and lengths as
well as glue-on type three-dimensional disturbance-
producing strips. The latter consisted of a 1.5%-
chord- long address label, 0.003in. thick, glued span-
wise over the airfoil between x/c = 0.015 and 0.03.
The front end of the strip was trimmed with paring
scissors to produce a serrated leading edge which in-
troduced the necessary disturbances to induce tran-
sition along the span. The height of the glued strip
was comparable to the local boundary layer and thus
satisfied the recommendations of Ref. 7; this trip was
also highly reproducible and was found to work well.
The experimental data was obtained using point
diffraction interferometry, (PDI). This technique uses
an expanded laser beam to fill the entire field of view
in a standard Z-type schlieren configuration, with the
optics aligned to minimize astigmatism. A predevel-
oped, partially transmitting photographic plate re-





















































ated in situ in the photographic plate with no flow in
the test section, to serve as a point diffractor. When
tunnel flow is present, the light beam passing through
the flow suffers density changes and thus focuses to
a bigger spot around the pin-hole. The portion of
this light passing through the pin-hole then becomes
the reference beam and interferes with that passing
around the pin-hole (signal beam) to create fringes in
real-time, which are captured on Polaroid film. Inter-
ferograms images in the present tests were obtained
at magnification of « 2 and 10.
The experimental conditions for the present study
were: M = 0.2, 0.3, 0.35, 0.4, and 0.45; k = 0
(steady flow), 0.025, 0.05, 0.075 and 0.1; the an-
gle of attack of the NACA 0012 airfoils was varied
as a = 10° + 10° sin ut. The corresponding
Reynolds number was 0.54 x 106 for the 3-inch model
and 1.1 x 106 for the 6-inch airfoil at M = 0.3. PDI
data was obtained for both airfoils with and without
the trips present. Additionally, steady flow pressures
were recorded for the 6-inch airfoil at selected angles
of attack, along with simultaneous recordings of PDI
images. The results to be presented in this paper will
be limited to M = 0.3 and 0.45, k = 0.0, 0.05 and 0.1
for the untripped and tripped cases for both Mach
numbers.
A. Experimental Uncertainties








± 0.1 at M = 0.3
± 0.5 at M = 0.3
±0.35 at M = 0.45
±25
The uncertainty in Cp depends on the fringe num-
ber under consideration and is 1 fringe for the flow
in general with about 3 fringes possibly undetectable
near the suction peak for the 3-inch airfoil and about
7 fringes undetectable for the 6-inch airfoil at M = 0.3.
(It should be noted that the larger peak suction levels
and higher fringe density associated with the 6-inch
airfoil increase the uncertainty of measurement near
the suction peak at high angles of attack.) Since the
correction for solid and wake blockage as determined
from the procedure described in Ref. 10 was less than
5% for Cp = —6.0, no corrections were applied to the
measured and PDI derived pressures.
III. Results and Discussion
In this section, results for M = 0.3 will be dis-
cussed first. Subsequently, the flow details for M =
0.45 will be presented.
A. Flow Development at M = 0.3
1. Comparison of Steady Flow Pressure Distributions
Figure 2 shows the pressure distribution over the
3-inch and 6-mch airfoils as measured using PDI in
steady flow at M = 0.3 for different angles of attack.
Also plotted in the figures are the pressures measured
directly from static pressure taps on the 6-inch airfoil
and the steady pressure distributions from Ref. 8.
It is clear that the agreement between the PDI de-
termined pressures and direct measurements for the
6-inch airfoil is excellent for all angles of attack out-
side the plateau seen in the distributions. Much of the
differences in the plateau regions of Fig. 2c and 2d
actually stem from the fact that there were an insuffi-
cient number of pressure taps on the 6-inch airfoil to
capture the pressures over the full length of the lam-
inar separation bubble the plateau represents. The
quantitative difference between the two sets in the
bubble is less than the pressure difference between
two like fringes, which is only slightly larger than the
one fringe uncertainty of the PDI method. There-
fore, PDI alone was used for unsteady pressure mea-
surements since, the usual limitations of using pres-
sure transducers ( lag effects of air column ahead of
the transducers, electronic noise, etc) are not present
in the instantaneous molecular response inherent to
PDI.
No noticeable difference between the data sets is
found in Fig. 2 for the lower surfaces of the two airfoils
tested in the CDSF. On the upper surface, the plateau
in both Fig. 2a and 2b confirms the formation of a
laminar separation bubble for the case of the 6-inch
airfoil flow at Re = 1.1 x 106. However, the chord-
wise extent of the bubble is smaller than that for the
3-inch airfoil at Re = 0.54 x 106. It should be noted
that changes in the airfoil boundary layer and thus
the airfoil wake, due to the longer bubble in the lower
Reynolds number case has effectively limited the vis-
cous/inviscid interaction. Consequently, the develop-
ment of the airfoil peak suction is suppressed and the
performance of the airfoil is limited. Conversely, the
higher levels of suction for the 6-inch airfoil can be
attributed to the smaller bubble observed for this air-
foil. For comparison, the distributions measured by
McAlister et al8 at Re = 4 x 10s showed no bubble in
Fig. 2b and an even higher suction peak. For exam-
ple, at a = 10.0°, the Cpmin values are -4.3, -5.2 and
—5.9 as the Reynolds number is increased. It is also
interesting that downstream of x/c = 0.05, the 6-inch
airfoil pressure distributions agree well with those of
Ref. 8. Another noteworthy point is the upstream
movement of the suction peak location with increase
in Reynolds number. Similar results were obtained
for the unsteady flow cases which will be discussed
later.
Locally supersonic flow (Cp > 6.95 for M = 0.3)
for angles of attack 12 deg and higher was measured
in the tests of McAlister et al8; a slightly supersonic
flow was observed on the 6-inch airfoil. Fig. 2c shows
that the flow over the 6-inch chord airfoil is attached
at a = 12.0°, but that over the 3-inch chord airfoil
has separated at a = 11.9°, as evidenced by the drop
in the suction level resulting in a flat distribution.
The flow remained attached even at a = 13° for the
6-inch chord airfoil, as can be inferred from Fig. 2d.
The static stall angle for the 6-inch airfoil increased to
about 13.5 deg which is relatively close to the static






















































2. Development of Airfoil Peak Suction in Steady and
Unsteady Flows
Figure 3a compares the variation of the airfoil
peak suction with increasing angle of attack for steady
flow at M = 0.3 for the different Reynolds numbers
of interest to this paper. The data for the 3-inch
airfoil tripped with the most satisfactory trip (as de-
fined in Sec. I) is also included. This plot also shows
that static stall of the untripped 3-inch airfoil is an
abrupt leading-edge event, whereas the tripped 3-inch
airfoil and the untripped 6-inch airfoil experience a
more gradual decay of peak suction near static stall
similar to the high Reynolds number experiment of
Ref. 8. The progressive increase in the peak suc-
tion pressure with increasing effective Reynolds num-
ber is clear from the figure. Thus, the performance
of the untripped 6-inch airfoil (Re = 1.1 x 106) is
still better than a tripped 3-inch airfoil for which
0.54 x 106 < Re < 1.1 x 106. The tests of Ref. 8
at Re — 4 x 106 produced the largest suction levels.
A key difference between the steady and unsteady
flow cases is the monotonically delayed peak suction
pressure development at any given angle of attack
with increasing reduced frequency, a result that has
been discussed in Refs. 2 and 10. This lag in at-
taining higher peak suction level also contributes to
delay in dynamic stall onset to higher angles of attack
with increasing unsteadiness as evident from Fig. 3b
drawn for M = 0.3 and k = 0.05. The increase in peak
suction level with increasing Reynolds number is seen
here also. However, the suction peak for each case
reaches its maximum value at angles slightly greater
than when the flow is steady; a delay that was re-
ferred to above. For the unsteady cases, the drop-off
in the suction peak is associated with the onset of
dynamic stall2'7'8 and the formation of the dynamic
stall vortex. Thus, Fig. 3b shows that the dynamic
stall onset angle is higher at Re = 1.1 x 106 than at
Re = 0.54 x 106. For example, the dynamic stall onset
angles are 12.8 deg, 13 deg, 13.5 deg for the untripped
3-inch airfoil, the tripped 3-inch airfoil, the 6-inch un-
tripped airfoil respectively. Interestingly, the angle is
14 deg for both the 6-inch tripped airfoil and for the
experiments of McAlister et al8.
The delay in dynamic stall onset discussed above
to higher angles enables the 6-inch airfoil to con-
tinue to generate the higher levels of suction and thus,
higher lift at higher Reynolds numbers. For the low
Reynolds number cases the magnitude of the suction
peak has been shown' to be constant over a small
angle of attack range when the dynamic stall vortex
forms. The dynamic stall vortex organizes over these
angles of attack before convecting. Fig. 3b shows
that at higher Reynolds numbers, this phase of the
flow seems even shorter indicating a more rapid evo-
lution of dynamic stall. In fact, for the 6-inch tripped
airfoil and for the 24-inch airfoil of Ref. 8, dynamic
stall onset appears as soon as the peak suction reaches
its maximum level. Similar results were obtained for
the unsteady case of k = 0.1. It is worthwhile noting
that for the highest two Reynolds numbers (1.1 x 106
and 4 x 106) under discussion, the peak suction pres-
sure reached values that produce locally supersonic
flow. (The critical pressure coefficient value is indi-
cated in the figure.) But, no shock was present in the
PDI images of the 6-inch untripped airfoil flow. It is
not clear whether a shock was present in the study re-
ported in Ref. 8 since no discontinuities were present
in the pressure distributions presented in it.
Figure 4 presents the effect of Reynolds number
on the development of suction peak in the dynamic
stall flow for M = 0.3 and k = 0, 0.05 and 0.1. Fig.
4a for the 3-inch airfoil restates that there is a phase
lag in the peak suction development which increases
with reduced frequency. The figure also shows that
the peak suction increases with reduced frequency; it
is -5.0 at k = 0, -5.5 at k= 0.05 and about -6.0
at k = 0.1. Fig. 4b for the tripped 3-inch airfoil
shows the same lag effect, and that tripping increases
the suction levels compared to the corresponding un-
tripped cases. At k = 0.1, a value of -6.5 is seen at
a = 14.0°. However, in Fig. 4c for the 6-inch un-
tripped airfoil, the peak value is about -7.0 for all
three cases, but the noted phase lag is still present.
Although the flow has become slightly supersonic in
all these three cases at Re = 1.1 x 106 no shocks
could be detected in the PDI images. Similar data
from the experiments of McAlister et al8 presented
in Fig. 4d shows that at Re - 4 x 106, the air-
foil develops a maximum Cp^,n of about -9.0 for all
three cases compared. The increase in Cpm>, with
Reynolds number can be attributed to the decreas-
ing viscous effects at the higher Reynolds numbers.
While it can be expected that the peak suction would
reach the unsteady inviscid value which is even higher
than that found in the high Reynolds number exper-
iments (Re = 4 x 106) the differences will get smaller
as the Reynolds number is increased above this value.
Thus, one can conclude that whereas compressibility
still dominates the development of dynamic stall for
M > 0.3 at all Reynolds numbers, Reynolds number
still plays a major role in the flow development until
a limiting Reynolds number is reached, above which
the flow is completely determined by Mach number ef-
fects. This interaction between compressibility effects
and Reynolds number effects is a significant factor in
the evolution of dynamic stall for different conditions.
3. Comparison of Pressure Distributions
It is one of the objectives of the study to es-
tablish if oscillating airfoil data from a test at a
lower Reynolds number can be used to represent flight
Reynolds number conditions. Ref. 8 has been gener-
ally regarded as a full scale Reynolds number (4x 106)
data base. Therefore, pressure distributions for the 6-
inch untripped and tripped airfoil flows at M = 0.3
and k = 0.05 of the present experiments were com-
pared over a wide range of angles with corresponding
full scale Reynolds number data where available. In
Fig. 5, the angles used for this comparison are nomi-
nally, 8.0 deg, 10.0 deg, 12.0 deg and 13.0 deg. Fig. 5a
compares the 6-inch airfoil (PDI) pressures at 7.97 deg
with those of Ref. 8 at 7.88 deg. The data set of Ref.
8 is available for the angle of attack variation of inter-
est here, a = 10° + 10 sin ut only for the untripped
case at M = 0.3. The untripped 6-inch airfoil distri-
butions exhibit a plateau in the region x/c = 0.02 -
0.05, indicating the presence of a laminar separation
bubble which is absent in the high Reynolds number





















































level, but downstream of the plateau the distributions
agree very well. The tripped airfoil produces nearly
the same suction peak and overall pressure distribu-
tion as measured by McAlister et al8 at this angle
of attack. Any differences seen are within the uncer-
tainty of the PDI data (one fringe, which translates
to Cp = ±0.1 at this peak suction level). Fig. 5b
shows the data at 10.0 deg for the PDI experiments
and 9.97 deg for the reference set. The agreement
between the tripped 6-inch airfoil data and the high
Reynolds number data is good. A bubble can still
be seen in the untripped 6-inch case between x/c =
0.02 - 0.04. Fig. 5c is drawn for a = 12.03° which is
compared with a = 12.11° of McAlister et al8 data.
The laminar separation bubble has shrunk and is now
located between approximately 0.015 < x/c < 0.03
for the untripped airfoil. For Fig. 5d the data are
compared at 12.98 deg and 13.00 deg respectively.
In both Figs. 5c and 5d the tripped data includes
data points obtained from magnified PDI images of
the leading edge flow field. A very good agreement
can be seen in the overall pressure distribution with
the data at Re = 4 x 106. Near the suction peak,
however, some differences appear. A first glance may
indicate that this is a significant difference. However,
it should be noted that at high angles, the trip used
caused a small dark (shadow) region near its leading
edge, which is very close to the airfoil suction peak.
As the suction peak increases with increasing angle of
attack, the fringe density becomes very high (about
20-25 dark fringes/mm, i.e. a total of 40-50 black and
white fringes in the first 1.5% of the airfoil chord) and
it is then comparable to the resolution of the Polaroid
film (about 20 lines/mm) used to record the images.
It is estimated that as many as 7-8 fringes have been
lost in this dark region due to the high fringe den-
sity and inadequate film resolution. If uncertainty
due to these factors is included in the comparisons as
shown, the two data sets agree quite well everywhere.
It should be noted that the problem becomes acute
only at high angles of attack. A close examination
of Fig. 3b shows that the dynamic stall onset an-
gle of about 14 deg for the tripped 6-inch airfoil test
agrees very well with that of Ref. 8. This compari-
son is critical for dynamic stall control efforts. This
is because for the the same control scheme to work
in both model and full-scale situations, the model-
scale flow has to effectively replicate the physics of
the full-scale flow. Good agreement in the pressure
distributions and stall onset angle and elimination of
the undesirable effects of a laminar separation bubble
with a trip would enhance the chances of success with
flow control.
The same level of agreement was obtained (not
presented here) for M = 0.3, k = 0.1 between the
present experiments and those of Ref. 8. Thus, it is
believed that the present compressible dynamic stall
experiments on a 6-inch tripped airfoil using PDI
have successfully reproduced the major flow details
observed in the experiments of Ref. 8.
4. Comparison of Flow Adverse Pressure Gradients
Figure 6 shows the adverse pressure gradient in
the flow following the suction peak for the various
cases being discussed at M = 0.3 and k = 0.05. It is
obvious that there is considerable scatter in this data.
These nondimensional gradients were calculated by
curve fitting the pressure distributions locally. The
numerical differentiation used tends to make the data
inherently noisy. Also, the gradients for the full scale
Reynolds number data could only be calculated us-
ing pressures from the two fixed taps located in the
region of interest. Thus, large uncertainties are gen-
erally present. However, it is clear from Fig. 6 that
the untripped 6-inch airfoil flow can support about
30% higher nondimensional adverse pressure gradient
than the 3-inch untripped airfoil flow, even though in
both flows laminar separation bubble bursting caused
dynamic stall onset. Interestingly, the two data sets
overlap from a = 8° until stall onset in the 3-inch
airfoil flow. Also, the tripped flow cases and the high
Reynolds number data follow each other in the angle
of attack range from 9.0 - 12.0 deg. But, the tripped
6-inch airfoil flow can withstand a slightly higher pres-
sure gradient than the tripped 3-inch airfoil flow prior
to dynamic stall onset. The Re = 4 x 106 data
seems to support a very large gradient of about 280.
This also explains why dynamic stall is delayed to
higher angles of attack in the higher Reynolds num-
ber cases. It is expected that the tripped 6-inch airfoil
flow would also behave similarly, but in view of the
fact that the suction peak fringes for this airfoil were
obscured by the dark region immediately upstream of
the trip, this result is still uncertain. However, the
general agreement of the pressure distributions dis-
cussed in Fig. 5 and that which was obtained for the
k = 0.1 case suggests this possibility.
5. Discussion
The results presented in the previous sections
demonstrate that there is marked differences in the
development of dynamic stall flow at M = 0.3 at dif-
ferent Reynolds numbers. Basically, at M = 0.3, the
low Reynolds number 3-inch airfoil dynamic stall oc-
curs from the bursting of a laminar separation bub-
ble. Whereas dynamic stall onset also originated
from bubble bursting in the higher Reynolds number
(1.1 x 106) 6-inch airfoil flow, the latter was delayed
to a higher angle of attack and the airfoil developed
higher suction levels as a consequence. Another differ-
ence between these two cases was the smaller length
of the laminar separation bubble in the 6-inch airfoil
flow, which decreased further as the angle of attack
was increased. However, the pressure distributions
in this flow were still considerably different from the
full-scale Reynolds number data of Ref. 8. In order to
bridge the gap, the 6-inch airfoil flow was studied by
tripping it. Using the same criteria7 set used to eval-
uate the performance of a trip on the 3-inch airfoil,
the test results for the 6-inch tripped airfoil showed
that it was possible to achieve very close correspon-
dence with its dynamic stall flow and that of Ref. 8
obtained at Re = 4 x 106. It should be noted that
comparisons are drawn only for the upstroke of the
airfoil up to the point of dynamic stall onset and in
the region 0 < x/c < 0.3, where optical access to the
flow was available. The reason for limiting the com-
parison only until the dynamic stall onset point is the
eventual goal of the present research which is devel-





















































the critical details are needed only up to this point.
Even if one cannot duplicate all the fine scale details
of the full-scale flow, flow control efforts can become
successful if the onset mechanisms are avoided or in-
hibited. The good agreement between results of Ref.
8 and that of the tripped 6-inch airfoil flow obtained
by the proper use of the trip shows that according to
this study the minimum Reynolds number limit for
testing at M = 0.3 is about 1 x 106. Identifying the
limiting Reynolds number was one of the objectives
of the research, as stated earlier.
B. Comparison of Dynamic Stall Flow at M =
0.45
The discussions in the preceding sections have
established that an acceptable method of achieving
agreement between dynamic stall data at model scale
and full scale Reynolds numbers at M = 0.3 is now
available. The following discussion will provide the
first quantification of two-dimensional compressible
dynamic stall flow over a NACA 0012 airfoil at M
= 0.45 using this method. Since dynamic stall on-
set over a rotor blade occurs at its azimuthal position
where the Mach number is 0.4 - 0.45, this section will
provide some flow details at conditions more relevant
to rotor applications.
1. Reynolds Number Effects at k = 0.05
The development of airfoil peak suction pressure
coefficient with angle of attack for the 3-inch and 6-
inch airfoils is presented in Fig. 7. The critical pres-
sure coefficient line shown in the figure confirms the
occurrence of supersonic flow in all cases considered.
It is clear from the figure that for both untripped and
tripped cases, the 6-inch airfoil has produced a much
higher suction than the 3-inch untripped airfoil. The
tripped 3-inch airfoil produces the highest suction lev-
els until a = 8.5° but the differences between the two
tripped cases is generally small and is often within
the uncertainty of the PDI technique in the angle of
attack range 6.5° < a < 8.5°. Beyond an angle of
attack of 8.5 deg, the 3-inch tripped data falls consid-
erably below the levels of the 6-inch airfoil. A large
effect of tripping is seen in the figure for the 3-inch
(Re = 0.81 x 106) airfoil. But for the 6-inch airfoil
(Re = 1.6 x 106), the data sets are very close through-
out the upstroke angles of attack until dynamic stall
onset with the tripped airfoil generally slightly higher
than the untripped airfoil. A similar trend was ob-
served for k = 0.1 for the 6-inch airfoil. Also, no
noticeable difference in stall angles was observed for
the cases. These results can be attributed to the al-
ready "high" initial Reynolds number for the 6-inch
airfoil. In other words, the untripped airfoil perfor-
mance is already close to the high Reynolds number
limit for this Mach number and hence tripping it has
only a marginal effect on its performance. The peak
suction seen in Fig. 7 is about —4.3 for the 6-inch
untripped and tripped airfoils which corresponds to a
local Mach number of about 1.35. There are multi-
ple shocks present in the flow for all cases considered
above an angle of attack of 9 deg. Thus, it can be said
that a major effect of increasing the Reynolds number
is to increase the airfoil peak suction level even when
the flow is strongly compressible and when shocks are
present.
2. Effect of Unsteadiness
Figures 8a and 8b demonstrate the effect of
changing reduced frequency from 0, 0.05 and 0.1 for
the 6-inch untripped and tripped airfoils. Both figures
show a delay in Cpmtn development about 1.5 deg for
k = 0.1 when compared to the steady flow case. But,
the peak suction attained by the untripped airfoil in
the two unsteady cases is the same at —4.3, and is
higher than the value of about —3.8 when the flow
is steady. Cpmm values higher than the critical value
noted in the figures confirm that the flow becomes
supersonic in both cases. Fig. 8b shows Cpmtn to be
increasing for k = 0.1 even at a = 12° in the tripped
case. The PDI pictures show that the dynamic stall
process is already under way at this condition from
a shock-induced flow separation at a downstream x/c
location of about 0.05. It appears that the locally su-
personic flow upstream is not affected until the sepa-
ration location moves upstream the leading edge for
such cases.
3. Comparison of Dynamic Stall Development at Dif-
ferent Reynolds Numbers
Figure 9 presents a sequence of interferograms for
the two untripped airfoils at M = 0.45 and k = 0.05.
On the left are shown the images for the smaller air-
foil and the right column corresponds to the 6-inch
airfoil. Fig. 9a shows that there is a laminar sepa-
ration bubble over the airfoil at a = 8.5°, as can be
inferred from the fringes that run initially parallel to
the airfoil upper surface near the leading edge and
turn sharply towards the surface at x/c « 0.06 — 0.08.
As the airfoil pitches to an angle of attack of about 9
deg, the bubble begins to burst and incipient dynamic
stall occurs. In Fig. 9b this occurs at the end of the
bubble where vertical fringes appear close to the sur-
face. Fig. 9c shows this more clearly. A close look at
Fig. 9b reveals tiny shock waves near the airfoil suc-
tion peak. Fig. 9c shows multiple shocks present in
the flow upstream of the dynamic stall onset region.
But, the dynamic stall process is not affected by their
presence. As in the lower Mach number cases, the
process occurs rapidly in a very narrow angle of at-
tack range. Even after dynamic stall has progressed
to some degree, as in Fig. 9d, there are shocks above
the separated shear layer that now envelopes the dy-
namic stall vortex. The evidence presented in Fig. 9a
- 9d clearly suggests that at this lower Reynolds num-
ber of 0.81 x 106, the dynamic stall of the 3-inch airfoil
is induced by the bursting of the laminar separation
bubble and the multiple shocks do not play any role in
this process. Results7 for the tripped 3-inch airfoil at
M = 0.45 showed that dynamic stall originated as the
pressure gradient exceeded a certain value and once
again, the multiple shocks that formed did not affect
the details of this process, even though the maximum
local Mach number was determined to be about 1.2
by fringe counting.
Counting fringes in Fig. 9e for the higher
Reynolds number case indicates that the flow has ac-





















































of about 1.15 at the suction peak for a = 8.4°. As can
be seen, the supersonic region itself extends to about
x/c = 0.05 and terminates with an abrupt thickening
of the shear layer. It is clearer at a = 9.0° in Fig. 9f
where a shock is seen in the region immediately above
the bulge in the shear layer. An enlarged view of the
region indeed shows that the fringes near the airfoil
upper surface all come to a focus where the abrupt
thickening occurs leading to the conclusion that a sep-
aration inducing shock has formed. The local Mach
number is about 1.2, which is just strong enough to in-
duce flow separation. It has been shown by Pearcey11
that a precondition for flow separation is a pressure
jump across the shock of at least 1.4. The minimum
Mach number upstream of the shock should reach M
= 1.2 for this to occur. For this angle of attack, a few
shocks are present upstream of this incipient separa-
tion region, but these seem to exert no visible effect
on the boundary layer. As the dynamic stall vortex
organizes and grows, Fig. 9g, a = 9.5°, its upstream
face moves towards the leading edge, displacing the
boundary layer outwards. The multiple shocks that
are still present over the shear layer cause the layer to
thicken at their feet. As a result the shear layer thick-
ness is seen to increase in a step-wise manner. Eventu-
ally, the vortex grows more and convects downstream,
Fig. 9h. But, a few shocks are still present above the
separated shear layer. These images confirm that the
small scale flow details are extremely complex locally.
Further analysis of this may reveal the details of these
interactions more precisely, but the gross features are
not expected to change from those described above.
These pictures demonstrate that multiple shocks
are an artifact of the residual low Reynolds num-
ber effects of the flow and do not drive the overall
flow behavior, especially dynamic stall onset at these
moderate Mach numbers. But, the last shock in the
sequence of shocks, which actually starts out as the
primary shock in the flow, is the cause of dynamic
stall at higher Reynolds numbers of about 1.6 x 106.
Qualitatively similar flow details were observed for
the tripped 6-inch airfoil.
4. Comparison of Global Pressure Distribution for
a = 10.00° at Different Reynolds Numbers.
Figure 10 compares the global pressure distribu-
tions for the 3-inch and the 6-inch airfoils. Figs. lOa
and lOb are pressure maps pertaining to the 3-inch
untripped and tripped cases respectively. Figs. lOc
and lOd are for the corresponding 6-inch cases. Of
interest is the extent of the supersonic region sur-
rounded by the sonic line, Cp = —2.76. All cases
show multiple shocks. However, the supersonic re-
gion extends to x/c = 0.12 in Fig. lOa, whereas in
Fig. lOb it has a long tail extending to x/c = 0.15.
The shape of the region is also different in these two
cases. These two figures have already been discussed
in Ref. 7 and hence, attention will be focused on
Figs. lOc and lOd. The untripped 6-inch airfoil flow
shows that the supersonic region extends to about x/c
= 0.06, terminating in a shock. The presence of the
shock can be inferred by examining the local fringe
pattern near the foot the region where the sonic line
ends. Here, fringes from both sides appear to merge
into the sharp vertical side seen. The pattern is simi-
lar to what can be seen more dramatically in Fig. 9h.
At the foot of the shock, the flow has separated and
the fringe tracings show the imprint of an incipient
dynamic stall vortex. The estimated edge of the sep-
arating shear layer is shown by the dashed line in the
Fig. lOc. Fig. lOd shows the smallest supersonic re-
gion, extending from the suction peak to x/c = 0.045,
which also terminates in a shock. As stated earlier,
this shock induces flow separation leading to dynamic
stall. Multiple shocks that form in both cases subse-
quently are believed to be reflections from the sonic
line since the leading edge flow is a case of supersonic
flow over a convex curved surface in a subsonic free
stream12. There are some differences in the outer
regions of the flow, but the most significant are in
the supersonic region of the flow. This region shrinks
with increasing Reynolds numbers as Fig. 10 demon-
strates. A logical extension of this result will lead to
the conclusion that, at much higher Reynolds num-
bers, the supersonic region becomes even smaller and
eventually terminates in a strong shock from which
dynamic stall arises.
IV. Conclusions
A study of the Reynolds number effects on dy-
namic stall of oscillating airfoils has been conducted
using point diffraction interferometry on two NACA
0012 airfoils and the results are compared with full
scale Reynolds number data. The comparisons lead
to the following conclusions.
1. Attempts to simulate full scale Reynolds number
flow data by tripping models become successful only
above Re & I x 106.
2. As the Reynolds number is increased,
a.) the airfoil develops higher peak suction levels.
b) dynamic stall is delayed to higher angles of
attack.
c) the laminar separation bubble shrinks in size.
d) the boundary layer can withstand higher ad-
verse pressure gradients prior to dynamic stall onset.
3. In compressible dynamic stall flow at M = 0.3,
as Reynolds number approaches full scale values, dy-
namic stall begins rapidly as the peak suction reaches
its maximum value, from the steep adverse pressure
gradient. At M = 0.45, shock induced separation
leads to dynamic stall onset.
4. The size of the supersonic region decreases with
increasing Reynolds number at M = 0.45 and it even-
tually terminates in a shock.
5. The multiple shocks above the leading edge sepa-
rated shear layer are an artifact and residual effects of
the low Reynolds number flow conditions and do not
exert noticeable influence on the dynamic process.
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Fig. 4 Effect of Unsteadiness on Airfoil Suction Peak Development, M = 0.3: (a) Re = 0.54x10*,
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Fig. 8. Effect of Unsteadiness on Airfoil Suction Peak Development, M = 0.45, Re = 1.6xl06:






















































Fig. 9. Development of Dynamic Stall for M = 0.45, k = 0.05, Re = 0.81x10* (a-d), Re = 1.6xl06 (e-h):
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